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SUMMARY 

An analytical investigation of the effects of fuel density and 
heating value on the Cruising range of a ram- jet airplane was made. In 
order to isolate fuel property effects as much as possible, the opt imum 
compromise between weight and efficiency was approximated, for the wing, 
engine, and fuselage. Fuel-property effects are presented, for the opti- 
mum designs thus obtained. In addition, the effects of several design 
variables on ram- jet airplane cruising range are presented for an alti- 
tude of 70,000 feet and a Mach number of 3.5. The analysis included 
initial cruise altitudes from 35,332 to 100 ^000 feet, Mach numbers from 
1.5 to 4.0, and fuel densities .fr bur 4 t o~~200 pounds per cubic foot. 

* Results are, based on an airplane initial gross weight of 150, OCX) pounds 

and a pay- load and controls weight, of 10,000 pounds. 

The results indicate that with present-day knowledge of chemical 
fuels, neither very high nor very low fuel densities have any advantages 
for long-range flight. Aircraft range was most sensitive to changes 
in fuel density at low altitudes and high Mach numbers and the best 
Initial cruise conditions for maximum range were between altitudes of 
50,000 and 70,000 feet and Mach numbers of 3.0 and 4.0. In assessing 
the relative range potentialities of possible ram-rjet fuels, it was 
concluded that in spite of its high density, aluminum does not yield so 
long a range as a hydrocarbon fuel. The most promising fuels investi- 
gated for long range were the borohydrides and metallic boron. The 
range potentialities of the borohydrides and metallic boron were very 
similar; any choice between them must be based on practical considera- 
tions such as cost and ease of application. Aluminum-hydrocarbon slur- 
ries were inferior to pure hydrocarbon fuels on a range basis and boron- 
hydrocarbon slurries were superior to pure hydrocarbons, approaching 
the practical range, potential of pure metallic boron (evaluated at 
50 percent of solid-metal density) . It was concluded that the practical 
„ difficulties associated with the use of liquid hydrogen cannot be justi- 

fied on a range basis, but If tactical considerations predicate flight 
at extremely high altitudes, liquid hydrogen must be considered as a 
possible fuel. The analysis predicted a max-t mum relative range at an 
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initial altitude of 70,000 feet and a Mach, number of 3.6 when dlborane 
fuel was used. At this flight condition, diborsne exhibited a range 
advantage of 59 percent over the. hydrocarbon fuel and an advantage of 
5 percent over pentaborane. 


INTRODUC TION 

The application :of ram- Jet engines to long -.range supersonic air- 
craft offers unique opportunities for the utilization Df specialized 
fuels . The ability of the ram- Jet engine to utilize a wide variety of 
fuels, and the sensitivity of supersonic aircraft performance to fuel 
storage requirements make the fuel selection problem for these config- 
urations one of unusual significance. - 

The range of any aircraft flight depends on the ratio of the pro- 
pulsive energy obtained from the fuel to the tot el drag of the airplane. 
Because the propulsive energy obtained from the fuel is directly pro- 
portional to effective heating value (chemical heating value times 
combustion efficiency), and airplane drag increases with decreasing 
fuel density, greatest range will result from a fuel having a high 
effective heating value and a high density. ; Unfortunately, both of 
these properties cannot be obtained simultaneously with known chemical 
fuels, and the manner In. which a compromise is made in the selection of 
a ram- Jet fuel becomes of great importance in assessing the range poten- 
tialities of the ram-jet airplane . 

The nature of this compromise between density and heating value is 
discussed in reference 1. Inasmuch as the primary object. of reference 1 
is to study the effects of propulsion system and flight speed on air- 
craft range, its' treatment of the effects of fuel properties was neces- 
sarily of a preliminary nature . No attempt was made to adapt the air- 
plane to each particular fuel in order to fully exploit the combination 
of heating value and density peculiar to that fuel. Even so, important 
conclusions can be drawn from reference 1 in which it was apparent that 
fuels other than conventional hydrocarbons must "be included in a dis- 
cussion of ram- Jet range potentialities . Furthermore, the suitability 
of a particular fuel ta a specific mission, that is, a particular com- 
bination of range, Mach number, and altitude, suggests that it may be 
desirable to", develop several ram-jet fuels . 

This report presents the results of an analysis, conducted at the 
NACA Lewis laboratory, which investigates, the effects of fuel heating 
value and density on ram- Jet airplane range in ah attempt to broaden 
understanding of the fundamental advantages or disadvantages of any 
particular fuel. Any final .evaluation of potential ram- jet fuels must 
be based on cost, availability, logistics, and other practical consider- 
ations in addition to range. These practical considerations are beyond 
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the scope of the present analysis; herein attention is specifically 
directed toward the range potentialities associated with any combina- 
tion of fuel density and heating value especially as applied to long- 
range supersonic missiles. In order to generalize the study as much 
as possible, fuel heating value and density are treated throughout as 
independent variables. Actually, range is easily shown to be directly 
proportional to effective heating value ; thus it is convenient to pre- 
sent the results as the dimensionless ratio between aircraft range and' 
fuel effective heating value r/B. The analysis therefore can apply to 
any fuel by substitution of the values of effective heating value and 
density applicable to that fuel into the results presented herein. 

Throughout the analysis, only design-point performance is con- 
sidered and every component of the airplane is assumed to be specifi- 
cally designed for each .particular flight . condition . In this way, fuel- 
property effects are isolated as much as possible so that the results 
may reflect the fundamental relationships between aircraft range and 
fuel properties . Only cruise is analyzed; take-off and climb are not 
considered. 

The analysis includes fuel densities from 4 to 200 pounds per cubic 
foot, Mach numbers from 1!5 to 4.0, and init ial altitudes from 35,332 
to 100,000 feet. Results are presented for an airplane initial gross 
weight of 150,000 pounds and "a pay -load and controls weight of 
10,000 pounds. 


METHOD 

The wide range of conditions included in the analysis made the 
assumption of flexible airplane and engine designs essential. There- 
fore, the more important design parameters were not fixed, but were 
optimized for each condition investigated so that the results would 
reflect the effects of fuel properties without including the effects 
of arbitrary design parameters. 

The range of conditions investigated also resulted in airplane 
configurations having very different physical., dimensions . The analy- 
sis therefore included the effect of Reynolds number on s kin friction 
and allowance was made for the effect of airplane size on structural 
weight, ' . . . .. . . 


Assumptions 

A complete list of symbols is given in appendix A. Assumptions 
describing the aerodynamics of the aircraft components are listed in 
appendix B, and assumptions describing component weights are presented 
in appendix C . 
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All assumptions were made so as to represent long-range missile 
design. A pay-load and controls weight of 10,000 pounds was assumed 
and except for. a detailed study of the effect of gross weight at a spe- 
cific flight condition, an : initial gross weight of 150,000 pounds was 
used throughout. Cruising range, only was considered, and it was assumed 
that the aircraft was accelerated to cruising speed and altitude by rocket 
boost or other. external means. Because only one gross weight was con- 
sidered, the boosting technique at a single altitude and Mach number will 
apply reasonably well to all fuels, only the physical dimensions of the 
aircraft being altered by changes in fuel properties . Therefore con- 
sideration of boosting would not. alter comparisons at a single altitude 
and Mach number. However, for different Mach numbers and altitudes, 
different boosting techniques must be assumed, .and, cruising. range for 
fixed aircraft gross weight, although unaffected by boosting considera- 
tions, is a less valid criterion for comparisons between these differ- 
ent-flight conditions, Boo_ster gross weight,, or booster complexity, 
which is not considered herein, might have a significant effect on the 
practical advantages of a particular flight condition as compared with 
other flight conditions. 

The cruising range was estimated according to the Breguet range 
equation for which constant airplane lift-drag ratio and constant thrust- 
horsepower specific fuel consumption (lbs fuel/thrust hp-hr) throughout 
the flight are assumed. Theoretically, this flight plan can be nearly 
realized for the ram- jet airplane by holding flight Mach number and 
engine temperature ratio constant and causing the altitude to increase 
as fuel is consumed so that ambient pressure varies directly with gross 
weight. Except for Reynolds number effects this plan results in con- 
stant angle of attack and constant airplane lift-drag ratio throughout 
cruise and equilibrium flight under these conditions demands that engine 
thrust vary directly with ambient pressure. Within the limits of the 
isothermal atmosphere, constant flight Mach number results in constant 
flight velocity and with constant engine temperature ratio, engine 
thrust does vary directly with ambient pressure (Reynolds number effects 
are neglected again) . Because ambient temperature . is constant in the 
isothermal atmosphere and a constant engine temperature ratio is 
assumed, engine temperatures are. constant throughout the flight. 

Except for combustion - efficiency and Reynolds number effects, constant 
fuel-air ratio and constant thrust specific fuel consumption result, 
and with the constant flight velocity, yield constant thrust horse- 
power specific fuel consumption as required by the Breguet formula. 

Outside the isothermal atmosphere, constant flight Mach number results 
in a flight velocity proportional to the square root of ambient tempera- 
ture, but constant engine temperature ratio still produces thrust 
directly proportional to ambient pressure (Reynolds number effects being 
neglected) . This variation of thrust again satisfies the requirements 
for equilibrium flight at constant angle pf attack and constant flight 
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Mach number, and altitude must increase so that ambient pressure varies 
directly with gross weight as it does for flight within the isothermal 
atmosphere. For the case of flight above or below the isothermal atmos- 
phere, constant flight Mach number and constant engine - temperature ratio 
result in an engine fuel-air ratio directly proportional to ambient 
temperature (except for combustion efficiency and Reynolds number effects 
and the slight variation in the thermodynamic properties of the working 
medium with temperature and fuel-air ratio) . Therefore the thrust spe- 
cific fuel consumption of the engine will vary directly with the square 
root of ambient temperature, and since flight velocity also varies as 
the square root of ambient temperature, the thrust horsepower specific 
fuel consumption will remain constant as required by the Breguet formula. 

Inasmuch as no particular fuels were considered in analyzing the_ 
engine performance, account could not be taken of the effect of combustion- 
gas properties on the thermodynamic cycle. The products of combustion 
therefore were assumed to be air." The cycle was calculated with the 
thermodynamic data of reference 2. No increase in mass flow across the 
combustor due to fuel addition but simply an addition of heat was recog- 
nized. (The effects of these assumptions are demonstrated in RESULTS 
MD DISCUSSION.) The results of the cycle analysis are expressed as 
specific heat consumption N* in Btu per second per pound engine thrust 
minus drag. 

A single airplane configuration was assumed, having a, triangular 
plan-form wing and a closed-body fuselage of the Haack class I specifi- 
cations described in reference 3 . The power ducts are mounted externally 
on the wing, and except for a detailed investigation of - the effect of 
engine size at one flight condition, all engine performance calculations 
were based on an engine having a combustion- chamber cross-section area 
of 10 square feet. - The various fuel and flight conditions were assumed 
satisfied by installing various numbers of these units . This assumption 
avoids the influence of scale effects on engine weight and simplifies 
the analysis considerably. Furthermore, the engine weight analysis 
(appendix C) indicated that a combustion-chamber area of 10 square feet 
would be near the maximum size for mini mum specific engine weight for 
externally mounted engines. Holding engine size constant results in 
the assumption of a noninteger number of required engines . Actually, 
a small change in engine size could be assumed so as to reduce or raise 
the number to an integer. The scale effect associated with such a small 
change in engine size would not have a significant effect on the results . 

No 'horizontal tail was assumed; the airplane center of gravity was 
assumed to be fixed during flight and the vertical tail drag was taken 
as 10 percent of wing zero-lift drag. (These assumptions could also 
represent a canard or other configuration in which the horizontal tail 
has the same lift-drag ratio as the wing.) Interference effects between 
the various aircraft components were approximated by assuming that the 
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lift and drag of the portions of the wing blanketed by the engines and 
fuselage were unaffected by the presence of the engines and fuselage. 

In analyzing each component, only design-point performance was considered 
and NACA standard atmosphere was assumed. 


Optimization of Variables and Determination 
of Range Parameter 

As previously mentioned, the important airplane-design parameters 
were optimized at each initial cruise condition in order to adapt the- 
airplane as much as possible to each combination of fuel density and 
flight conditions Three principal components of the aircraft were con- 
sidered: wing, engine, and fuselage. At _each flight condition and 

fuel density, it was necessary to make a compromise between weight and 
efficiency (either aerodynamic or thermodynamic) in arriving at the best 
component design. This compromise was determined by applying the assump- 
tions of appendixes B and C so as to yield working curves relating 
weight and efficiency for each of the three ..airplane components. Wing 
angle of attack, engine total -temperature ratio, and fuselage-fineness 
ratio were indep endeht ly varied" in order to obtain these weight- 
efficiency curves. Partial differentiation of the range equation with 
respect to each of the three independent variables then revealed the 
point. on the weight -efficiency curve for each component which resulted 
in greatest aircraft range. Finally, application of the optimum designs 
thus obtained to the range equation resulted in the final range parameter 
for each point analyzed. The detailed equations and procedure neces- 
sary for the analysis are presented in appendix D. 


RESULTS AND DISCUSSION 

The principal results of the analysis are summarized in tables I 
to HI and in figure 1. These results are based on an initial gross 
weight of ,150,000 pounds and a pay-load and controls w eig ht of 
10,000 pounds and , are presented for four initial, altitudes; 35,332, 
50,000, 70,000, and 100,000 feet. Data for the maximized range analy- 
sis from which the. essential performance of all the airplane components 
can be calculated are given in table. I . Tables II and HI present the 
characteristics of the wing and engine at conditions for maximum effi- 
ciency of each component . ' The dimensionless range parameter as a func- 
tion of fuel density for the several Mach numbers and altitudes included 
in. the analysis is plotted in figure I from data included in table I . 
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Effect of Fuel Density 

Because the entire fuel load is carried inside the fuselage in the 
assumed airplane configuration, fuel density effects are produced 
through the fuselage drag and fuselage structural weight resulting from 
the particular fuel load. Fuselage drag and fuselage structural weight 
increase with increasing fuel hulk; therefore a decrease in fuel density 
always reacts un f avorably on aircraft range as shown in figure. 1. 

The application of the curves of figure 1 to some specific ram- jet 
engine fuels of current interest is illustrated in the section entitled 
"Application of Results to Specific Fuels." However, some general con- 
clusions can be drawn from a study of figure 1 without reference to 
any specific fuels. The consistent shape of the curves of figure 1 
indicates that neither very dense nor very light fuels are likely to be 
of great importance with regard to range. In general, decreases in 
fuel density below 30 pounds per cubic foot must be accompanied by very 
substantial advantages in heating value in order to gain any range 
advantage. The rapid rise in fuselage weight and fuselage drag accom- 
panying reductions in fuel density below 30 pounds per cubic foot 
reduces the range potential. For example, as fuel density is decreased 
from 30 to 4 pounds per cubic foot, fuel bulk per unit weight is 
increased more than sevenfold. Even after optimizing fuselage-fineness 
ratio, this decrease in fuel' density results in a two- or threefold 
increase in fuselage drag and fuselage weight. Both of these items 
react unfavorably on range, reducing the range parameter by 30 to 
60 percent. Increases in fuel density above 100 pounds per cubic foot 
offer little opportunity for increased range. Even an increase in 
density from 100 to 200 pounds per cubic foot, which is beyond the 
density of the heaviest fuels now under consideration, results in only 
a 5 to 20 percent decrease in fuselage weight and fuselage drag. These 
reductions, in turn, produce an average increase in range of only 7 per- 
cent as figure 1 shows. According to existing knowledge of chemical 
fuels, an increase in fuel density from 100 to 200 pounds per cubic 
foot will be accompanied by a sharp reduction in fuel effective heating 
value; thus the limited range advantages of high density fuels are 
apparent. 

A comparison of the various curves of figure. 1 indicates that air- 
craft range Is least sensitive to fuel density at high altitudes and 
low Mach numbers . This insensitivity is apparent in the relatively 
flat slopes of the curves representing the low Mach n umb er and high- 
altitude flight conditions, and can be explained by consideration of the 
effect of altitude and Mach number on the 1 Tnp o-rtan.ee of fuselage weight 
and fuselage drag. The low dynamic pressures associated with low-speed 
and high- altitude operation require a large wing in order to provide 
adequate lift. Therefore, wing weight and wing skin area are both large 
at these flight conditions. Fuselage structural weight Is mainly a 
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function of fuel weight and bulk and is not sensitive to changes in 
flight conditions . 'Fuselage drag is directly affected "by changes in 
flight conditions as it is proportional to dynamic pressure and there- 
fore decreases at low Mach numbers and high altitudes. All these fac- 
tors react on the airplane making wing weight and drag, of major import- 
ance and fuselage weight and drag of minor importance at low Mach numbers 
and high altitudes, so that aircraft range is least sensitive to fuel 
density at these flight conditions. 

The curves of figure 1 indicate that considerable attention should 
be directed toward fuel densities of appro ximat ely 35 to 60 pounds per 
cubic foot because the slope of the curves changes most rapidly at 
densities just below these values. 


Incidental Results 

The very rapid deterioration of range with decreasing Mach number 
below 3.0, which is characteristic of ram- jet airplanes, is demonstrated 
in figure 1. The effect of altitude is less pronounced, but it is 
apparent that as altitude is decreased below 50,000 feet or increased 
above 70,000 feet, range decreases. 

The altitudes of table I and figure 1 are the initial cruising 
altitudes but because of the assumed flight plan, the final cruising 
altitudes will be somewhat higher, depending on the fuel weight to 
gross weight ratio. The exact relationship between initial and final 
cruise ambient pressure and fuel weight to gross weight ratio for a 
constant Mach number Breguet flight path is 

^initial _ 1 . 

p final ” 1 “ w f 

For example, fop an initial cruising altitude of 70,000 feet and a fuel 
weight to gross weight ratio of 0.655, the__f inal cruising altitude will 
be 9*2,300 feet. Most long-range flights starting at an altitude of 
100,000 feet will climb above the upper limit of the isothermal atmos- 
phere (104,987 ft) during cruise. For such flights, constant engine 
temperature ratio and constant flight Mach number are maintained by 
varying engine fuel-air ratio directly with ambient temperature and the 
Breguet range equation Is still valid as previously explained. 

The optimum wing, engine, spd fuselage performance for maximum 
range listed in table I always occurs at efficiencies lower than the 
maximum possible for each component. Maximum efficiencies with corres- 
ponding component weights are listed for the wing and engine in 
tables II and III. Minimum fuselage drag and fuselage weight for any 
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given condition can "be calculated from the assumptions described in 
appendixes B and C. The exbent to which the analytical method compro- 
mised between weight and efficiency of wing and engine in order to achieve 
may-inn nr) theoretical range is shown by a comparison of tables I, II, 
and III . Maximum range occurred near maximum component efficiency in 
all cases } however, important savings in wing and engine weight were 
realized by deviating slightly from the maximum efficiency conditions. 
Reductions in wing weight up to 23 percent and reductions in engine 
weight up to 47 percent were realized by the optimization procedure with 
corresponding sacrifices up to 10 percent in wing efficiency and up to 
15 percent in engine specific heat consumption. 

Fuselage -fineness ratio for max-imum range was far from the value 
for minimum fuselage drag in a.1 1 cases. Fineness ratio for mi nl.mum 
drag per unit volume is approximately 29 for the body shape assumed; 
whereas optimum fuselage-fineness ratio was less than 16 in all cases 
as shown in table I . The extremely flat optimum of the fuselage drag 
against fineness ratio curve for fixed fuselage volume and the steep 
slope of the fuselage weight against fineness ratio curve combine to 
produce this result . . . 

Because the engine cycle analysis disregarded the effects of dis- 
sociation and fuel addition, the range of optimum engine total -temperature 
ratios shown in table I is important. At only a few points is operation 
extended into what might be called the rich fuel-air region. Maximum 
final gas temperature and Tnax-fmuTn combustor heat addition occur at an 
altitude of 100,000 feet, Mach number of 4.0, and fuel density of 
4 pounds per cubic foot, which is near the density of liquid hydrogen. 

At these conditions, the optimum total-temperature ratio is 3.35, 
resulting in a combustor outlet temperature of 5520° R. Neglect of 
dissociation phenomena in this case leads to appreciable error, although 
the error is not so great as might first be expected. The high flight 
Mach number involved provides a large available expansion ratio at the 
combustor exit and the assumption of complete expansion in the exhaust 
nozzle which was employed throughout the analysis results in relatively 
low exhaust exit static temperature. If equilibrium conditions are 
assumed in the expansion process, much of the energy lost by dissocia- 
tion in the combustor will become available in the exhaust nozzle 
through the re-association necessary to maintain chemical equilibrium 
at the lower temperatures. Thus, if equilibrium is maintained in the 
expansion process, the effects of dissociation are min imi zed. The 
effects of exhaust-gas dilution and fuel -weight addition are small for 
hydrogen in any case. Even at the conditions cited, the fuel-air ratio 
would be only 0.025 for an effective heating value of 46,400 Bbu per 
pound, which is a representative value for hydrogen. At an altitude of 
70,000 feet, Mach number of 3.5, and fuel density of 50 pounds per cubic 
foot (typical of a hydrocarbon fuel), optimum heat addition requirements 
are less severe, being satisfied by a total -temperature ratio of 2.32 
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as shewn in table I. Peak cycle temperature would, be 3140° R and fuel- 
air ratio 0.030 for an effective heating value of 16,800 Btu per pound 
(chemical heating value of 18,650 times combustion efficiency of 90 per- 
cent) . The effects of dissociation and exhaust -gas composition are 
negligible in this case . 

Fuel weight to initial gross weight ratio listed in column 15 of 
table I is shown to be quite sensitive to changes in initial cruise 
altitude. This sensitivity is caused by the. necessary increase in wing 
and engine weight as altitude is increased. The effect is mitigated 
somewhat by the reduction in fuselage weight accompanying a reduction 
in fuel weight. 

Engine specific heat consumption, shown in column 10 of table X is 
the heat input in Btu per second, divided by the engine thrust minus 
nacelle drag. Multiplying the specific heat consumption by 3600 over 
fuel effective heating value in Btu per pound yields the engine specific 
fuel consumption in pounds per horn* per pound of thrust minus nacelle 
drag. The number of engines required, column 11, is the result of fix- 
ing engine size at 10 square feet as explained previously, and is shown 
to vary between 0.68 and 22.3. This range is obviously outside prac- 
tical limitations and can only be Justified by its simplification of 
the analytical work. In the most interesting range of flight conditions, 
that is between 50,000 and 70,000 feet and between Mach numbers of 3.0 
and 4.0, the required number of engines was more practical and ranged 
from 1.24 to 5.87. 


Detailed Investigation for Altitude of 70,000 Feet 
and Mach Number of 3.5 

An initial cruising altitude of 70,000 feet and Mach number of 3.5 
were selected for an investigation of the effects of several design var- 
iables which could not be evaluated in the more general analysis. This 
detailed investigation served to demonstrate the sensitivity of the 
final results to changes in some of the principle assumptions. Except 
where a parameter was deliberately varied over a range of values, 
assumptions were identical with those used to obtain figure 1. No 
attempt was made to re-optimize wing angle of attack, engine total- 
temperature ratio, and fuselage-fineness ratio as each parameter was 
varied. Instead, the optimum values of these variables at an altitude 
of 70,000 feet and Mach number of 3.5 as listed in table I were accepted 
and held constant while the particular .design variable being investi- 
gated was varied through a range of values . The design variables 
investigated were diffuser total -pressure ratio, combustion- chamber 
length-diameter ratio, combustion-chamber area, airplane gross weight, 
wing angle of attack, engine -total -temperature ratio, and fuselage- 
fineness ratio. Results are presented in figure 2. 
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lie most important; conclusions to "be drawn from figure 2 are: 

(l) Comparisons "between various fuel densities are not sensitive to 
changes in the design variables investigated; and (2) the optimum com- 
promises between weight and efficiency as determined by the methods of 
appendix D for the wing, engine, and fuselage were in good, agreement 
with the true optimums as presented in figures 2(e), (f), and (g) . 

The effect of diffuser total-pressure ratio on range at the initial 
altitude of 70,000 feet and Mach number of 3.5 is shown in figure 2(a) . 
Inasmuch as the effect of lip angle on nacelle drag is neglected in the 
present analysis, figure 2(a) illustrates only the internal effects of 
diffuser pressure recovery. Inlet geometry suitable for the achieve- 
ment of very high diffuser total -pressure ratios would probably have 
to incorporate high lip angles and at these conditions the effect of 
lip angle on nacelle pressure "drag would be appreciable. Even so, 
the effect of lip angle on range would be negligible because nacelle 
pressure drag is a small fraction of total airplane drag at the con- 
ditions represented in figure 2(a) . For example, at a diffuser total- 
pressure ratio of 0.5 and a fuel density of 50 pounds per cubic foot, 
nacelle pressure drag (neglecting any effects from lip angle) is 2 per- 
cent of total airplane drag. Total-pressure ratios between 0.21 and 
1.00 are included in the figure, the higher value corresponds to isen- 
tropic recovery and the lower value represents normal shock and a sub- 
sonic diffuser recovery of 0.9. 

Figure" 2(b) demonstrates that combustion-chamber length-diameter 
ratio has a very minor effect on range. One of the most important 
effects of combustion-chamber length on engine performance and there- 
fore on range is accomplished through the effect of length on combustion 
efficiency and combustion pressure losses . Combustion pressure losses 
were assumed to be independent of combustion-chamber length for this 
analysis and combustion efficiency is included in the range parameter 
r/b which is the ordinate of the figure. Therefore the curves of fig- 
tire 2(b) illustrate only the external effects of combustion-chamber 
length caused by variations in nacelle drag and engine weight, but their 
flat slopes are of considerable interest since they, demonstrate that 
little penalty would be incurred if combustion problems necessitated 
lengthening of the combustion chamber. Figure 2(c) demonstrates only 
the external effects of engine size on range such as are produced through 
engine specific weight and neglects the effects of engine size on 
combustor and diffuser performance. The relative unimportance of engine 
size as it might affect range through engine specific weight is shown 
by figure 2(c) and justifies the assumption of a fixed combustion- chamber 
cross-section area size of 10 square feet which was made in the general 
analysis . Adjustment of the engine size to some other value in order 
to obtain a practical number of engines will have little effect on the 
results as shown by figure 2(c) . In constructing the figure, equa- 
tion (C3) of appendix C was applied without regard to minimum practical 
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sheet -metal gages for engine fabrication. Appendix C demonstrates that 
the sheet-metal gages at 10 .square feet combustion-chamber area are near 
the practical minimum. If the sheet -metal gages were assumed to be the 
minimum allowable at this point, the curves of figure 2(c) would be 
essenti ally horizontal to the left of 10 square feet combustion-chamber 
area. The decrease in range accompanying increased engine size illus- 
trated in figure 2(c) is due to the fact that engine thrust is directly 
proportional to combustion- chamber area whereas a portion of the engine 
weight is proportional to combustion-chamber area raised to the 3/2 power. 
The increase in range accompanying an increase in gross weight with fixed 
pay-load weight is illustrated in figure 2(d). At the conditions ana- 
lyzed, the increase in range with increasing gross weight is initially 
very rapid, but eventually the benefits of increasing size become lesB 
pronounced. One reason for. this effect can be found in the adverse 
scale effect included in the wing weight equation. The necessity of 
supporting the aerodynamic loads farther from the wing root results in 
less favorable wing weights, which are reflected in the fuel weight that 
can he carried and ultimately in the range. A further reason for the 
decreasing benefits of airplane size is the diminishing Importance of 
the fixed pay -load weight as it is applied to ever larger gross weights . 

At the conditions analyzed, wing angle of attack and engine total- 
temperature ratio have a minor effect on range (figs. 2(e) and (f)). 

The effects would be more pronounced at higher altitudes and lower Mach 
numbers because of the increased importance of wing and engine perform- 
ance at these conditions. Figure 2(g) shows that the effect of 
fuselage-fineness ratio on range is pronounced at an altitude of 
70,000 feet and a Mach number of 3.5. For the fuel density of 50 pounds 
per cubic foot, minimum, fuselage drag would occur at a fuselage-fineness 
ratio of about 29. The optimum fineness ratio for maximum range is near 
12 for this fuel density (fig. 2(g)). Extrapolating the data of fig- 
ure 2(g) shows that range would be reduced approximately 30 percent if 
the fuselage were designed for minimum drag in this case. 


Application of Results to Specific Fuels 

The general results presented were applied to, six potential ram- 
jet fuels in order to demonstrate some specific comparisons obtainable 
from the analysis . The six fuels selected were liquid hydrogen, liquid 
diborane, liquid pentaborane, metallic, aluminum, metallic boron, and 
MEL-F-5624A. (jP-3 or.JP-4). Two sets of results, were obtained for the 
metallic fuels, one set based on the full solid density of the metal 
and the other set based on 50 percent of the solid metal density. The 
50 percent of solid density condition was included to allow for voids 
and fuel-handling equipment and is intended to represent a practical 
figure for. present-day solid fuel storage and handling techniques . The 
full metal density was included to illustrate results for the ultimate 
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possible achievement in efficient fuel storage and handling techniques . 
Results for the full metal density are also useful in estimating the 
perfor manc e of metal -liquid fuel slurries. 


Some pert inent properties of the six fuels are given in the follow- 
ing table: - 


Fuel 

Phase 

Heating 

value 

(Btu/lb) 

Density 
(lb/ cu ft) 

Approximate boiling 
point (°F) 




Sea level 

70,000 ft 

Hydrogen 

Liquid 

51,604 

a 4 .43 

a -424 

a -435 

Diborane 

Liquid 

31,080 

a 35.0 

a -134 

a -209 

Pentaborane 

Aluminum 

Liquid 

Solid 

29,147 

13,318 

a 38 .1 
a 168 .6 

a 118 

**9 



Boron 

Solid 

25,120 

b 144.0 



MIL-F-5624A 
(jP-3 or JP-4) 

Liquid 

18,652 

48.1 

106 to 556 

c -18 to 349 


Reference 4. 

^Reference 5 . 
c Reference 6. 

The heating values listed in the table were calculated from the 
data of reference 7. The fuel was assumed to enter the combustor at 
77° F and metal oxides in the products of combustion (if present) were 
assumed to be solids. -No heat was diverted to heat the mass of the fuel 
itself (or an equivalent mass of products) to combustor outlet conditions 
This latter assumption was included to be consistent with the assumption 
of zero mass-flow increase across the combustor which was mentioned pre- 
viously in the discussion of the cycle calculations . One important 
property pertinent to any comparison of various fuels is the efficiency 
with which the fuels can be burned in a practical combustion chamber at 
the flight conditions under consideration, ho attempt was made herein 
to consider this fuel property; the comparison between the six ram-jet 
fuels was based on equal combustion efficiency for all fuels . Achieving 
satisfactory combustion efficiency at the high altitude- and low Mach num- 
ber flight conditions would probably be difficult with some of the 
fuels considered. Even eo, a comparison of the various fuels on the 
assumption of equal combustion efficiencies is valuable as an index of 
the fundamental range relations associated with fuel density and 
heating value. Any refinement of these relations so as to include 
combustion efficiency effects can be easily accomplished inasmuch as 
aircraft range is directly proportional to combustion efficiency. 
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Although selection of the six fuels from the many -which might he 
considered for ram-jet application -was somewhat arbitrary, the follow- 
ing reasoning was applied: Hydrogen was considered because it offers 

a unique combination of heating value and density; the borohydrides 
were chosen over other hydrides because of their outstanding range 
potential; boron was included because of its great range potential as 
compared with other. solid fuels . Beryllium might merit equal consider- 
ation with boron but its toxicity makes it less desirable. Aluminum 
was taken as typical of fuels such as aluminum, magnesium, and carbon; 
MIL-F-5624A (JP-3 or JP-4) was chosen as. a typical hydrocarbon fuel. 

Results obtained for the six fuels are presented in figure 3 as 
range relative to the range of MEL-F-5S24A (JP-3 or JP-4) at 70,000 feet 
and a Mach number of 3.5. On the basis of range, the most promising 
fuels investigated were the borohydrides (diborane and pentaborane) and 
metallic boron. The range potentialities of these three fuels were 
very s imi lar; any choice between the three would have to be based on 
practical considerations such as cost and ease of application. 

The full-density and half -density curves of each of the metallic 
fuels provide a convenient means of observing the effect of improvements 
in solid fuel storage and handling techniques . At no point does the 
full-density curve for a particular solid fuel surpass the half-density 
curve by more than. 15 percent and at the more practical flight conditions 
the improvement is less than 8 percent. Inasmuch as considerable 
refinement in technique is necessary even to achieve performance halfway 
between the full-density and half -density curves, little or no improve- 
ment is to be expected from this source. This premise is a direct 
result of the conclusion derived from figure 1, that range is not sensi- 
tive to improvements in fuel density above densities of approximately 
100 pounds per cubic foot . 

In spite of its high density, aluminum did not yield as great a range 
as the hydrocarbon fuel under any condition investigated (fig. 3) . Even 
the full. -density aluminum curve is inferior to MIL-F-5624A ( JP-3 or 
JP-4) at all points. The performance of alumimim slurries in a hydro- 
carbon base can be approximated by interpolating between the curves 
representing MIL-F-5624A (JP-3 or JP-4) and full-density aluminum. The 
range performance for such slurries will fall short of the range for the 
hydrocarbon fuel at ».n conditions because of the decreased heating value 
available from such slurries and the relative unimportance of the 
increased density which they provide. The inferior performance of 
aluminum and magnesium fuels is limited to long-range operation. For 
short-range ram- jet engine applications, especially those requiring 
high thrust output, the aluminum and magnesium fuels may be superior. 

Boron-hydrocarbon slurries offer increased range as shown by inter- 
polation between the MIL-F-5624A ( JP-3 or JP-4) fuel and full-density 
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boron curves of figure 3. At 70,000 feet and Mach number of 3.5, an 
80 percent boron slurry would result in a relative range approximately 
as great as the pure boron fuel, provided the pure boron is evaluated 
at a density equal to half the solid metal density. Successful appli- 
cation of an 80 percent boron slurry is somewhat beyond present-day tech- 
niques; however, the comparison is of value in pointing out possible 
advantages which may be derived from boron slurries . 

The successful application of liquid hydrogen presents tremendous 
practical difficulties arising from the extremely low temperature, high 
pressure, or both necessary to maintain it as a liquid. In constructing 
figure 3, no extra penalties were applied to liquid hydrogen in order 
to allow for the weight and b ulk of equipment necessary to guarantee 
safe storage of the fuel during the flight . Therefore the results 
presented in figure 3 are the most optimistic possible with regard 
to liquid hydrogen and the difficulties inherent in its use c anno t be 
justified on the basis of range. However, it is important to note that 
at very high altitudes hydrogen is markedly superior to the other fuels 
and its range potential is only 15 percent less than the best range pre- 
dicted for any other fuel at lower Mach, number and altitude. If tac- 
tical considerations predicate flight at extremely high altitudes, liquid 
hydrogen must be considered as a possible fuel. 

v 

Maximum relative range predicted in figure 3 was 1.59 for diborane 
at an initial cruise altitude of 70,000 feet and Mach number of 3.6. 

The results show a relative range of 1.51 for pentaborane at these 
conditions . 


CONCLUDING REMARKS 

An analysis was presented of the effect of fuel density and heat- 
ing value on the cruising range of a ram-jet airplane suitable for appli- 
cation to long-range supersonic missiles . The analysis was based on an 
airplane initial gross weight of 150,000 pounds and a pay-load and 
controls weight of 10,000 pounds. Only a solid body fuselage and 
externally mounted engines were considered. The following conclusions 
were drawn from the analysis: 

1. Use of fuel densities lower than 30 pounds per cubic foot will . 
probably reduce aircraft range because of the very rapid deterioration 
of range with decreasing density below this value. Also, fuel densities 
larger than 100 pounds per cubic foot are not desirable because of the 
slow increase in range with increasing densities above this value. Fuel 
densities in the range of 35 to 60 pounds per cubic foot appear best for 
long range missions . 
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2. For a given heating value, aircraft range is most sensitive to 
changes in fuel density at low altitudes and high Mach numbers. 

3 . The fuels investigated which appear to offer greatest advantages 
of range are the borohydrides (diborane and pentaborane) and metallic 
boron. The range potentialities of these three fuels were shown to be 
very similar; any choice between the three would have to be based on 
practical considerations such as cost and ease of application. 

4. The range potentialities of boron-hydrocarbon slurries are con- 

siderably above the potentialities of pure hydrocarbon and may approach 
the practical range potential of metallic boron ( evaluated at 50 percent 
of solid metal density) . . . . . . 

5. In spite of its high density, aluminum did not yield as great 
range as the hydrocarbon fuel and the range potentialities of aluminum 
slurries in a hydrocarbon base are inferior to pure hydrocarbon at all 
conditions investigated. 

6 . The practical dif f Icglties associated with the use of liquid 
hydrogen cannot be justified on a range basis, but if tactical consider- 
ations predicate flight at extremely high altitude, liquid hydrogen must 
be considered as a possible fuel. 

7 . Maximum range predicted by the analysis occurred at an initial 
cruising altitude of 70,000 feet and a Mach number of 3.6. At these 
conditions, the range of diborane relative to the hydrocarbon fuel was 
1.59 and the relative range of pentaborane was 1.51. 


Lewis Flight Propulsion Laboratory 

National Advisory Committee for Aeronautics 
Cleveland, Ohio 
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APPEKDIX A 
SYMBOLS 

The folio-wing symbols are used in this report: 

A frontal area, sq ft 

A c combustion-chamber area, sq. ft . 

a speed of sound, ft/sec 

B fuel heating value times combustion efficiency 

skin friction drag coefficient based on wetted area 
Crp wave drag coefficient based on frontal area 
D drag of aircraft component divided by aircraft gross weight 
d diameter 

F net thrust minus drag of an engines divided by aircraft, gross 

weight 

f fineness ratio 

J mechanical equivalent of heat, 778 ft-lb/Btu 

K constant 

M Mach number 

IT’ engine specific heat consumption, Btu/sec/lb thrust minus drag 
p static pressure, lb/sq ft 

q incompressible dynamic head, pM 2 , lb/sq ft 

R aircraft range 

Re Reynolds number 

S wing area, sq f t 

s wetted area, sq ft 

U engine specific weight, lb engine/l b thrust minus drag 
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V volume , cu ft 

W aircraft initial gross weight , Its 

w weight of aircraft component divided "by aircraft initial gross 

weight 

x,y coor dinat e system for definition of fuselage shape and nacelle 
shell shape : . 

a wing angle, of attack, radians 

X ratio of specific heats for air 

X length 

t engine total temperature ratio ; 

p density, lb/cu ft 

Subscripts:. 

0 amb ient free-stream conditions 

d diffuser . .... . .. . .. . -... - „ ... - .. . . 

e engine • 

ei engine inner shell 

f fuel 

H class I Haack "body 

n nacelle : _ -...: . i._. ..... . .. . . 

P pay-load and controls 

s fuselage . - . .. .. ... ... 

t ogive 

w wing and tail .. . .. 
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APPENDIX B 

COMPONENT AERODYNAMICS ' 

To facilitate the analysis , the aircraft was divided into three . 
principle components and the aerodynamics of each component were analyzed 
separately. Consistent (as possible) assumptions were applied. The 
design-point performance of the complete aircraft was then assumed equal 
to the sum of the design-point performances of its component parts." 

In general, aerodynamic forces were obtained from the literature 
based on three- dim ensional linearized theory originally developed in 
reference 8. 

External skin friction drag was calculated according to the follow- 
ing equation: 


0.0306 X N 

I/? r r -i 2 f/ 7 

Equation (Bl) was obtained by use of the flat-plate formula of 
reference 9 in which the temperature of the boundary-layer air is assumed 
to be the arithmetic mean of wall' and free- stream temperature. Reynolds 
number in equation (Bl) Is based on free-stream conditions. In applying 
the flat-plate formula of reference 9, the K appearing in equation (Bl) 
was added to account for the effect of body geometry on skin-drag 
coefficient. In the present analysis, K was taken as 1.03 for the wing 
and 1.05 for the nacelle and fuselage. >• 


Wing and Tail 

In order to Include the tail calculations with the wing calculations. 
It was assumed that tail performance was a direct function of wing 
performance.' No horizontal tail was assumed; the airplane center of 
gravity was assumed to be fixed during flight, and vertical tail, drag was 
assumed equal to IQ percent of wing z’ero-lift drag. 

Geometry . - For maximum flexibility, variable wing geometry could be 
assumed and securing the most advantageous wing at each condition could 
be accomplished by adjusting wing weight and wing efficiency through wing 
geometry. No attempt was made to do this in the present analysis but 
somewhat the same effect was achieved in a simpler mann er by keeping wing 
geometry fixed and adjusting wing weight and wing efficiency through angle 
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of attack so as to achieve maximum range . The following fixed wing 
geometry was assumed; 

Plan form • . . . • • • . • . » • • > • • ^ * triangular 

Section . . . . . . . . . . . . biconvex 

Thickness ratio, percent . . . . . . . . . . . . . 

Aspect ratio .. . • .. .. • , • . . __ , -• 3 

Maximum thickness point, percent of chord . . . . . _. 50 


Lift and drag . - The pressure drag of a biconvex airfoil at super- 
sonic velocities is not easily Obtained by three-dimensional linearized 
theory. Therefore, it was assumed that the pressure drag of the 

35 -percent thick biconvex section was equal to 1.3 times the pressure 
d 1 

drag of a 3^-- percent thick double-wedge section. 

Pressure drags for the double-wedge section were obtained from 
reference 10 . 

The pressure drags of wings- of the type used herein, calculated by a 
rational but lengthy method are 1 presented in reference 11, which was pub- 
lished after- completion of the present analysis. A comparison of the 
pressure drags calculated in the present analysis with the data of ref- 
erence 11 reveals differences of less than 6 percent in al 1 cases . 

Skin friction drag was calculated by use of equation (Bl) with K 
equal to 1.03 and Reynolds number based on the mean geometric chord. 

Wing lift was obtained from reference 12. Tfo leading-edge suction 
was assumed. 


Engine External Flow 

Geometry . - The geometry of the power ducts is shown in figure 4. 

This geometry was assumed throughout the analysis except for the detailed 
study at one flight condition of the* effects of combustion chamber 
length-diameter ratio. 

As shown in figure 4, an over-all engine length of 9 combustion-chamber 
diameters was assumed. The diffuser section was 4, the combustion 
chamber 3, and the nozzle section 2 diameters long. The entire engine 
duct was surrounded by a nacelle shell. For the boattailed nacelle 
(necessary at low flight Mach number and small heat addition), a nacelle 
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shell diameter 1.2 times the combustion-chamber diameter was assumed. The 
nacelle shell was assumed to be composed of two open-nosed tangent 
ogives of equal length, each consisting of a segment of a Haack class I 
body. This body, originally proposed by Haack (reference 13) , develops 
minimum pressure drag for a given enclosed volume and a given fineness 
ratio. The equation of the silhouette of such a body, derived from 
reference 3, is: 


y = (t) t - (If] ' <*> 

As flight Mach number or engine heat addition is increased, less boat- 
tailing is necessary and when the engine outlet diameter reaches 1.2 times 
combustion-chamber diameter, the nacelle downstream ogive becomes a 
cylinder and the shell may be described as a flared nacelle. For still 
larger outlet diameters, the length of the cylindrical section is reduced 
so that the diameter of the nacelle upstream ogive at the midpoint of the 
nacelle is always at least 1.2 times the combustion-chamber diameter. 

For highly flared nacelles (necessary at high flight Mach numbers 
and large' heat addition) , the length of the cylindrical section diminishes 
to zero so that the nacelle 'shell consists of a single open-nosed tangent 
ogive consisting of a segment of the body defined by equation (B2) . 

Drag . - The nacelle pressure drag was calculated by considering each 
tangent ogive separately. It was assumed that the pressure drag of any 
of the open-nosed ogives was equal to one-half the pressure drag of the . 
Haack body of which it was a segment multiplied by 1 minus the ratio of 
ogive minimum area to ogive maximum area. This assumption implies 
that pressure drag is proportional to net frontal area and ogive pressure 
drag is the same, regardless of whether the ogive is pointed upstream 
or downstream. These assumptions are similar to those employed in 
references 1 and 14. Recent experimental results indicate that this 
method of estimating nacelle pressure drag may lead to appreciable errors, 
especially for boattailed nacelles. However, the method is simple and 
readily applied and nacelle drag is a small fraction of total airplane 
drag in most cases. For instance, the analytical results showed that at 
an altitude of 70,000 feet and a Mach number of 3.5 and for a fuel density 
of 50 pounds per cubic foot the nacelle pressure drag is only 2.0 percent of 
total airplane drag; aircraft range would be extremely insensitive to 
changes in nacelle pressure drag in this case. The optimum engine temper- 
ature ratio for maximum range, which depends on the relation between 
engine weight and engine thrust minus drag, would be somewhat more 
sensitive to changes in nacelle pressure drag. 
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The. pressure drag coefficient of a complete closed body of the 
assumed shape,, from reference 3 is: 


Ct = 



(B3) 


It. was assumed that this equation described the pressure drag at a flight 
Mach number of 1.5. At higher flight Mach numbers, the pressure drag 
coefficient was empirically decreased by applying the data of reference 15 
as suggested in reference 1. The cone pressure drag data of ref erence 15 
was plotted against cone angle and flight Mach number. The variation 
of pressure drag ,-with Mach number was then obtained by defining an 
equivalent cone as that cone whose pressure drag at Mach number 1.5 
according to reference 15 was equal to one-half the pressure drag 
described by equation. (B3) . It. was then assumed that the pressure drag 
of the body under, consideration varied with Mach number in exactly the 
same manner as described In reference 15 for the equivalent cone just 
described. 



v rM ... 


Because the analysis was Confined to design-point conditions, no 
additive drag or base drag was assumed for "the nacelle. The effect of 
lip angle on nacelle. pressure, drag was neglected because the assumed 
schedule of diffuser pressure ratios could probably be realized by 
low-lip-angle inlet geometries and because the assumed nacelle shell 
ogive could tolerate some lip angle without altering. external nacelle 
geometry. 


Nacelle skin friction drag was calculated according to equation (Bl) 
with K equal, to 1.05 and Reynolds number based on the nacelle length. 
Except for the detailed study at the specific flight condition of the 
effect of engine, size, a single engine size of combustion- chamber cross- 
section area of 10 square feet was assumed throughout the analysis. 


The skin area of an open-nosed tangent ogive of the type defined by 
equation (B2) can be ^obtained by integration pf a simple binomial 
expansion. The result Is: 


s t = 


1 + 1-5/4? 

if 2 Vf + 1^5/4)11/4). /j 


( 1 ) \& 

'\V (1)(2) 



(-5/4) (1/4) (1^) M/SX A 6 
(1)(2)(3) W\ V 



(B4) 



Vfcfcii 


NACA RM E51L21 


23 


Engine Internal Flow 

Hie engine thrust -was calculated by use of one- dimensional flow 
theory. The working medium was assumed to be air throughout the cycle 
and thermodynamic data were obtained from reference 2, which includes 
the effects of temperature on the properties of air of fixed composition, 
but does not include the effects of dissociation. An inconsequential _ 
error is introduced in the cases in which the aircraft climbs above the 
upper limit of the isothermal atmosphere, because the engine cycle was 
calculated on the assumption that ambient temperature was equal to the 
temperature of the isothermal atmosphere. Above the isothermal 
atmosphere, ambient temperatures would be slightly higher so that the 
thermodynamic properties of air obtained from reference 2 would be in 
error inasmuch as these properties change slightly with temperature. 

Diffuser . - A spike-type multiple- shock diffuser was- assumed. Except 
for the investigation of the effect of diffuser recovery at one flight 
condition, a single schedule of diffuser performance was used throughout 
the analysis. Diffuser total-pressure ratios at the various Mach numbers 
are tabulated as follows : 


Mach number 
Mq 

Diffuser total- 
pressure ratio 

1.5 

0.950 

2.0 

.930 

2.5 

.815 

3.0 

.670 

3.5 

.500 

4.0 

.315 


Diffuser-outlet. Mach number was taken as 0.2 for all flight Mach 
numbers where a combustion chamber area larger than diffuser capture area 
would result. Using the assumed schedule of diffuser recoveries resulted 
in a diffuser-outlet Mach number of 0.2 at all flight Mach numbers below 
3.08. At higher flight Mach numbers, the diffuser-outlet Mach number was 
adjusted so that diffuser outlet area was exactly equal to diffuser 
capture area. Using the assumed schedule of diffuser recoveries resulted 
in diffuser-outlet Mach numbers of 0.1736 and 0.1746 'for flight Mach 
numbers of 3.5 and 4.0, respectively. 

To check the validity of the ratio of diffuser length to outlet 
diameter of 4 assumed throughout., the anal ysis, the equivalent included 
conical expansion angle .of the subsonic internal-flow passage was cal- 
culated for -all Mach numbers. For typical inlets capable of achieving 
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the assumed recoveries, the equivalent included conical expansion angle 
of the internal flow passage Vas "between 5.6° and 6.1° in all cases, 
which justifies the assumed diffuser fineness ratio. 

Combustion chamber . - The combustion-chamber . inlet Mach number was 
assumed equal to diffuser-outlet Mach number. A constant-area burner 
was assumed and total-pressure loss due. to friction was assumed equal to 
twice the burner inlet incompressible dynamic pressure. Burner momentum 
pressure loss was obtained from reference 16 on the assumption that all 
friction losses preceded the heat addition. 


Nozzle . - Complete expansion to atmospheric pressure through a 
convergent-divergent nozzle was assumed in all cases . The polytropic 
efficiency of the exhaust nozzle was taken as 95 percent, where poly- 
pi log of nozzle temperature ratio 


tropic efficiency is defined as 


(-Ll 

\r-X 


./ log of nozzle pressure ratio 


Fuselage 

Geometry . - The fuselage was a closed Haack body described by 
equation (B2) . A volume of 450 cubic feet was allowed inside the fuselage 
for pay load, controls, and unusable space. The remaining fuselage 
volume was assumed to be entirely filled with fuel. The maximum cross- 
sectional area of the fuselage A s was obtained using the following 
equation, derived from reference 3: 


*( y „) 2 / 5 

(9n) 1 '' 3 (f s ) 2 / 3 


(B5) 


The fuselage skin area s s can be obtained from equation (B4) by 
considering the fuselage made up of _ two identical closed, tangent ogives . 
The result .is.: : ... _... 


s s — 2.878 fgAg 


(B6) 


Drag . - The fuselage. pressure drag was calculated from equation (B3) 
at a flight Mach number of 1.5 and correction .for the effect of Mach 
number was made as described previously. Skin friction drag was obtained 
from equation (Bl) for a value of K of 1.05 and a Reynolds number based 
on fuselage length. Fuselage angle of attack, was assumed to be zero, , 
resulting in zero fuselage lift. 
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APPENDIX C 
COMPONENT WEIGHTS 

The analysis calls for expressions describing the. variation of each 
component -weight with size, geometry, and loading. Accurate determi- 
nation of these expressions could only result from a detailed design 
study and even then the expressions would depend to some extent on the 
ingenuity of the designer. Such a study is beyond the scope of this 
analysis. - Furthermore, accuracy of this order is not required herein 
because the main purpose of the weight expressions is to effect a 
compromise with the aerodyna mi c assumptions so as to achieve balanced 
results . 

For example, figure 5 shows wing drag- lift ratio plotted against 
wing weight for one flight condition. The. wing weight values are 
approximate, because they are not based on actual design data. If the 
drag-lift ratio values are correct, some errors in wing weight could be 
partly compensated for by aerodynamic considerations. If the weights 
assumed were all too low and the correct curves lie to the right of those 
illustrated, applying these correct curves to the optimization portion 
of the analysis would result in a higher optimum angle of attack than 
would be found for the present curves and would result in a somewhat 
larger drag-lift, ratio . Thus the optimization would mitigate the effects 
of the change in wing weight by reducing the wing lift-drag ratio some- 
what. The advantage of this procedure lies in the fact that errors in 
the weight assumptions are absorbed to some extent in the aerodynamic 
analysis, so that their effects on the final . results are not as drastic 
as they would be if fixed angle of attack were assumed. For the present 
analysis, the weight assumptions can be rather general in nature without 
greatly affecting the significance of the results. 

The form of each weight expression was derived by elementary dimen- 
sional considerations . The constants in the expression were then evalu- 
ated by applying the ' equation to a particular component configuration 
whose weight was known or assumed. Materials and design were assumed 
adequate so that . the structures could function in the assumed environment 
up to flight Mach numbers of 4.0 without loss of strength due to aero- 
dynamic heating; therefore, no temperature corrections were included in 
the weight equations . 


Wing and Tail 

Conventional semimonocoque construction was assumed for wing and 
tail and the weight was divided into two categories; skin and skin 
stiffening weight, and weight of material necessary to resist bending. 
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This elementary weight "breakdown is for. analytical purposes only, and 
does not imply that in practice the skin cannot resist "bending or that 
the spars cannot help stiffen the skin. ..Therefore, .the assumption pf 
an effective skin thickness does not imply that the skin must be this 
same thickness at all points, but is meant to account for that part of 
the wing weight which is necessary to provide a stiff wing covering 
capable of transmitting the aerodynamic loads to the bending and shear 
members. Elastic characteristics were not analyzed, but the weights and 
geometry are conservative enough so that stiff wings should be possible 
in all cases. All material was assumed to be stainless steel having a 
density of 490 pounds per cubic foot. No horizontal tail was included 
and if vertical tail area is assumed proportional to wing area, the 
weight of the vertical tail can be included in the wing skin weight term. 

Minimum allowable effective skin gage was taken as 0-015 inch for a 
wing loading of zero and was assumed to be a linear" function of wing 
loading increasing to 0.065 inch at a wing loading of 150 pounds per 
square foot. This skin weight was assumed to, include all necessary skin 
stiffening members . For fixed wing geometry, dimensional analysis 
demonstrates that the weight necessary to resist bending iB proportional 
to the square, root of wing area. Adding skin and. bending weights together 
gives : - 


w w 


1.22 

(W/S) + 


0.0271 + K\/S 


(Cl) 


To evaluate K, the following specific wing was assumed and substituted 
into equation (Cl) : 

Gross weight, W, lb . . . 

Wing loading, w/s, lb/sq ft 
Aspect ratio . . 

Thickness ratio, percent . 

Normal load factor . . . . 

Wing weight, w w W, lb . . . 

The final- wing weight equation. is. then: _ . _ 

+ 0.0271 + 0.002048 a/s (C2) 


100,000 
. 15Q 
. 3.0 

• -4 
. 2.0 
8,810 


The results of the wing analysis are typified by figure 5, which 
illustrates wing performance at an altitude of 70, 000 feet and Mach 




M 


- It . 
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number of 3.5 for an initial gross weight of 150,000 pounds. Wing 
performance at angle of attack for minimum wing drag- lift ratio is listed 
in table II. 


Engine 

Engine weight was considered in three parts: (l) diffuser and 

associated weight, (2) combustion chamber and nozzle, and (3) outer shell. 
The entire engine was assumed to consist of stainless steel having a 
density of 490 pounds, per cubic foot. 

The inner shell (parts (l) and (2)} was designed to withstand an 
internal pressure of 93.4 pounds per square inch gage. This pressure is 
equivalent to a flight Mach number of 2.0 at sea level (for a diffuser 
total-pressure ratio of 0.94) or a flight Mach number of 3.0 at 
30,000 feet (for a diffuser total-pressure ratio of 0.67). The former 
condition might represent a homing dive under power and the latter is a 
typical climbing. condition. In either case, the hoop stresses In the 
inner shell would be more severe for these conditions than for most 
cruise operations; therefore the inner shell was designed for 93.4 pounds 
per square inch gage, internal pressure. The nacelle outer shell thick- 
ness was taken as Independent of size or pressure and constant wall 
thickness along the length of each engine component was assumed. 

The assumptions necessary to develop the weight equation are 
summarized below: 


Internal pressure, lb/sq in. gage '93.4 

Diffuser allowable stress, lb/sq in 100,000 

Diffuser island, frame and flame holder weight, 

percent of diffuser shell weight . . . . , ..... 200 

Combustor . and nozzle allowable stress, lb/sq in 50,000 

Macelle outer shell effective gage, .in . . 0.020 


Although the allowable stresses for the diffuser and combustor may 
have to be reduced for operation at high Mach numbers and associated 
high stagnation temperatures, the altitude for most cruise operation at 
these high Mach numbers would be sufficiently high so that internal 
pressure would be much, less than the design pressure of 93.4 pounds per 
square inch. 

Application of these assumptions to the engine geometry illustrated 
in figure 4 results in the final engine-weight equation: 
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engine weight = 49Q 


0 


0.002S02 


s d aMc/* + 0-001868 (s e i“ s d) V A c/ rt + 


0.00167 s 




(03) 


Application of the assumptions listed previously to an engine size of 
combustion-: chamber area of 10 square feet will result in a diffuser skin 
thickness of Q..Q2Q inch, and a combust! on- chamber and nozzle thickness 
of 0.040 inch. Each of these gages is probably near the practical mini- 
mum. Decreasing engine size below 10 square feet combustion- chamber area 
therefore yields no decrease in engine specific weight because both engine 
weight and thrust decrease directly with combustion- chamber area for the 
fixed engine geometry illustrated in figure 4. Increasing engine size 
above 10 square feet combustion- chamber area will result in larger 
specific weights because thrust increases directly with combustion-chamber 
area whereas a portion of the engine weight increases with combustion- 
chamber area raised to the 3/2 power. Therefore, an engine size of 
10 square feet combustion- chamber area appears to be near the largest 
size possible for minimum specific engine weight and for this reason, 
this engine size was assumed throughout the analysis . 

The results of_ the . engine analysis are typified by figure 6, which 
illustrates engine performance at an altitude of 70,000 feet and Mach 
number of 3.5. Engine characteristics at the total-temperature ratio 
for minimum speicifie heat consumption are listed in table III. 


Fuselage - - - - 

For consistency, fuselage weight assumptions were patterned after 
wing weight assumptions . wherever /possible., ^Conventional semimonocoque 
construction was. assumed, and the. fuselage structural weight was broken 
down into three categories: (l) skin and skin stiffening weight, 

(2) fuel .cell weight, and (3) weight of material, necessary to resist 
normal bending loads. As in the wing weight analysis, this arbitrary 
weight breakdown does not imply that in practice each structural component 
would serve only the function assigned to it . , The breakdown is assumed, 
so that variations in fuselage structural weight with fuselage, geometry 
and fuselage loading can ~be included in the analysis. Fuselage material 
was assumed to be stainless steel having a "density of 490 pounds per 
cubic foot. . ■ _ _ : ./■. vi:.. 
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A rigid fuselage is desirable, especially for the "boosting phase 
of the flight. If the fuselage is. subjected to a 5G gross axial acceler- 
ation during boost, hoop stresses are introduced in the fuselage shell 
because of the pressure of the full fuel load being accelerated within 
the fuselage. Che fuselage skin structure might be effective in with- 
standing at least part of these hoop stresses as well as the column 
forces due to the axial acceleration. A l/l6-inch equivalent fuselage 
skin gage should be adequate in most cases and this gage was assumed 
through the analysis, thus 

fuselage skin and skin stiffening weight = 2.552 s s (C4) 


Because the fuselage is assumed to be almost entirely filled with 
fuel, fuel cell weight was considered to vary directly with fuselage 
skin area. Also, because the fuel cells must seal against the high 
pressures induced in the fuel as a result of the axial acceleration 
experienced during boost, the fuel cell weight was made proportional to 
this induced pressure. If the fuselage is considered as a single fuel 
tank, the pressure at the bottom of the tank during axial acceleration 
is proportional to fuselage length times fuel density. Thus 


fuel cell weight oc fuselage length (p f s B ) 
fuel cell, weight oc f g w^W 


(C5) 


The weight of the stringers necessary to resist bending forces from 
simple dimensional analysis is : 


stringer weight oc w.pW(f g )^/^( 


a .) 1 / 2 


(C6) 


Total, fuselage weight was expressed by adding skin, fuel cell, and 
stringer weights together and evaluating the constants for a particular 
condition. The fuselage for which the constants were evaluated was 
assumed to have the following characteristics : 


Fuel weight, v^W, lb . . 
Fuselage fineness "ratio, f s 
Fuel density, p^, lb/cu ft 

Volume, V B , cu ft 

Fuel cell weight, lb . . . 
Normal load factor .... 

Axial load factor 

Structural weight, w s W, lb 


60,000 
. 12 
. . 45 


60,000 


■f 450 
6000 


2.0 


. . 5.0 

12,000 


45 
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The resulting fuselage weight ..equation is : 
2.552 s„ 


w 8 = 


vr 


v-P 0.008333 f 8 + 0.03067 (lo)'* 3 ^) 3 / 2 ^) 1 / 2 (C7) 

— 


The result of the fuselage calculations are typified by figure 7, 
which illustrates the fuselage performance at 70, 000 feet altitude and 
Mach n umb er 3.5 for a fuel density of 50 pounds per cubic foot, and a 
fuel weight to gross weight ratio of. 0.65. 
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APPENDIX D 
OPTIMIZATION 

At each, flight condition and. fuel density investigated, the -wing 
angle of attack, engine total- temperature ratio, and fuselage fineness 
ratio -were optimized with. respect to range. 

Derivation of equations . - The airplane is assumed to be in equili- 
brium flight -with the engines operating at their design point. Thus 


Dy- + D 6 = E 

UOV + Pg) = v e 


(Dl) 


The gross -weight is assumed to be made up only of fuel weight, 
fuselage structure, weight, engine weight, wing weight, and pay-load and 
controls weight. No horizontal tail was assumed and the weight of the 
vertical tail is included in wing weight. Thus 


1 = w^. + w g + + D s ) + w w + Wp (D2) 

Xf the Breguet range equation is used, the dimensionless ratio R/B can 
be expressed: 



Mp a O 

^'(V D s) 


loge 



Combining (D2) and (D3) gives 


B JT(dJhD b ) l0g e 


w s + U (IV + D b ) + w w + v r 


(D3) 


(Pi) 


In order to maximize R/B with respect to the three independent 
variables a, t, and f s , three simultaneous equations must be satisfied 
to establish necessary conditions : 


(D5) 


S(e/b) = 



32 


NACA RM E51L21 


a^), 0 

(D6) 

^-0 

(D7) 


Sufficient conditions are assumed to be adequately demonstrated by the 
curves of figures 5 to 7 , which are typical of those used in the 
optimization procedure. Sufficiency is further demonstrated by 
figures 2(e) to (g) . Equation , (D4) is used and equation (D5) becomes: 

d(R/B) = 0 = _ [ v s +U ^ ] V t,p 8) +v v t - v p] ( U + 5?) 

( Dw +D s ) ["a ( Dw+ D s ) +w w +w p| 


1 

(Bw+D s ) 2 


log e 


W s + U(B W + D s) +W w +W p 


;] 


tow 

da 


Total derivatives are permissible on the right side of the equation 
because .1^ and w ¥ are not functions of t or f e . Dividing by 

and simplifying give: 

da ' . . ' 


to* 


dw, 


"w 


V s +U(D w H-D s )4-w H +Wp] f 1 

(Dy+^s) 56 'w s +U( D^+Dg ) +w w +Wp 


(D8) 


+ U 


Equation (D4) is used to give equation _(P§) in the form: 


d(R/B) b0b 
or 


-1 C v s + ^(Pw+Ds ) + v w+ w tJ (n +Dl) dU 
N ' jw B +U(lV»-D s )+w^w^ 2 ** 

dN 1 
dr 


N 1 


log. 


Vs+uClVDsJ+^w+^p 
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Total derivatives are permissible on the right side of the equation 
because U and IT are not functions of a or f B . Dividing by 

and simplifying and substituting for its equivalent, d(log e IP) 

dT M 

yield 


d(log e IT) 


dCJ 


w- s +U ( Dy+Ds ) 


Dw+D s 


-1 


logs 




Ey+Dg ) +'!C w ,+'Wp 


0 


(D9) 


Through the use of equation (D4), equation (D7) becomes: 

atB/a 3 (n gf * gf) 

dfs (D w +D s ) [^ s +U(lV+D s )+v w +v ^ 2 

__l_ Lo f 1 1 m B 

(D v +D s ) 2 S |_ w s +U ( D v +:D s ) +w -w +v pJ 

Total derivatives are permissible on the right side of the equation 
because D s and v B are not functions of a ' or t. Dividing by 
dv s 

— — - and simplifying give 

* QXg 


dD f 


-1 


dw s [v s +U(D w +D s )+v y +-tf^ ~ f 1 1 ~ 

3 V i_r) s ° Se [Ws +U ( D„+D s ) +W w .+Wpj + 

Multiplying by lO^/qo to obtain a more convenient form gives 



[vs+UCDy+Ds ) +w v Wg]‘ 


Dtf-t-Dg 


10 3 

log e 


& 


s+U ( J V f h's') +w w +Wp 


) m 


+ U 


(DIO) 
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Combining equations (DS) , (D9 ) , and (DIO) results in 


dw w 


1 


dCJ 

d(log e IT ) 


- U 



(Dll) 


In order to apply equations (D8), (D9), and (DIO), the relations 
between weight and efficiency for the wing., engine, and fuselage must be 
described. The methods used toobtain these relations sure outlined in 
appendixes B and C and the results are typified by figures. 5 to 7. For 
this phase of the calculation, the fuselage data, such as that shown in 
figure 7, were calculated for a constant value of shin friction drag 
coefficient Cp g of 0.0015. Therefore, the optimization phase of the 
analysis disregarded the effect of Reynolds number on fuselage skin drag. 
The effect of Mach number an nacelle and fuselage pressure drag was also 
disregarded for this phase and equation (B3) was used to describe the 
pressure drag of nacelle and fuselage bodies for a l l Mach numbers .' After 
the optimum values of a, t, and f s were obtained by use of a fuselage 
skin drag coefficient of 0-0015 and equation (B3) for all Mach numbers, 
the final range parameter r/b was determined. The more qxact value of 
fuselage skin friction drag coefficient calculated according to 
equation (Bl) and the variation of body pressure drag with Mach number 
described in appendix Bwere used in the determination of r/b. 

Solution of equations . - The solution of the analysis for any one. 
set of conditions (one fuel density, Mach number, and altitude) consisted 
of satisfying the four equations (D 2), (D8), (D9), and (DIO) with the 
four variables wp, a, tt, and f s , with use of plots like those illus- 
trated in figures 5 to 7. The correct wing, engine, and fuselage 
performance at these optimum conditions was then obtained and this 
performance substituted In equation (D3) to obtain the range para- 
meter r/b • 


The most convenient method of solving the four simultaneous equations 
was as follows: Approximate values of a, Wf, and r were chosen. From 

dIV 


a plot such as figure 5, 

ponding to the assumed 
and an approximate f s 


dw. 


was measured at the value of 

k£> 


a,. ..With equation (Dll), 


w, 


w 


corres- 


dw, 


was calculated 


s 


was obtained by using this slope in a curve such 
as figure 7. . Talues of D w , w w , TJ, D s , and v s corresponding to the approx- 
imate a, x, and f B were used and a new Wf was obtained from equation (D2) 
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A new X was obtained from equation (D9) and a plot such as figure 6; 

a new a was obtained from equation (D8) and a plot like figure 5. If 

the new values differed substantially from the values originally assumed, 
the process was repeated with the new values. After accumulating a little 
experience in making the original approximations, it was seldom necessary 
to repeat the process more than 'once. Tbs values of a, T, f s , and wj 

obtained from this process were used to recalculate fuel weight w-f from 

equation (D2) with the more exact value of fuselage skin friction drag 
co coefficient supplied by equation (Bl) and the more exact variation of 

oJ body pressure drag with Mach number as described in appendix B. The 

^ result was compared with the fuel weight obtained .previously, and if 

necessary, this calculation was repeated with the corrected value of 
fuel weight, but this was necessary only in a few cases. 

Numerical accuracy . - In general, the numerical accuracy of the 
calculations was held to three significant figures, but the use of plots 
for so large a portion of the calculations jeopardized this accuracy 
somewhat. The final values of range are probably within 3 percent, but 
the optimum values of a, T, and f a listed in table I may be off as 
much as 10 percent in some cases . 
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•CABLB I - SOMttRT Of EFFECT 07 FOIL ICTSITT CM AIBCBA7T FESFOBKWCE AT KAHKCM RAJGHj UI7IAL 

canes velve t , 150,000 rxmdgi pat-lcad urn cowibols wight, 10,000 roams . 




Initial Altitude, 35,332 ft 


100 

200 

4.0 4 

25 


50 

100 

200 

2.0 4 

25 
GO 

1O0 

200 

2.5 4 

26 
GO 

100 

200 

3.0 4 


100 

200 

4.0 4 


Initial Altitude, 50,000 ft 


1.06 

16.33 

11.7 

15.0 

0.211 

0.1829 

1.02 

16.17 ' 

10.2 

9.4 

.119 

.1499 

1.01 

16.16 

9.89 

7.9 

.100 

.1429 

1.01 

16.13 

9.59 

6-8 

.090 

.1382 

1.01 

16-12 

8.41 

6.0 

.079 

.1360 

1.13 

11.26 

7.85 

14.9 

0.239 

0.2160 

1.10 

11.23 

6^9 

9.2 

.136 

.1646 

1.10 

11.25 * 

5.97 

7.7 

.116 

.1543 

1-10 

1-10 

11.25 - 
1 1.23 

5.77 

6-68 

6.6 

6-8 

.105 

.095 

.1471 

- 1 A » 

1.46 

10.00 

5.09 

14.8 

0-261 

0.2521 

1.43 

9.90 

5.83 

9.1 

.149 

.1798 

1.45 

9.97 

S . S 5 

7.6 

.128 

.1654 

1.42 

1-42 

9.97 

9.97 

5.58 

5.25 


-114 

,105 

.1564 

.1506 

1.97 

10 - 13 - 

3.61 

14.7 

0.260 

0.2879 

1.92 

10.09 

2.62 

9,0 

.156 

.1948 

1.92 

10.09 

2.40 

7.5 

.137 

.1764 

1.92 

io . as 

2.24 

6.4 

.121 

.1649 

1.92 

10.06 

2.14 

5.6 

.112 

.1677 

2.29 

10.94 

2-97 

14.6 

0.263 

0 .3239 

2.24 

10.92 

2.05 

0.9 

.162 

.2004 

Z .24 

10.92 

1.85 


.141 

.1864 

2.24 

10.92 

1.71 

B m 

.127 

.1724 

2.24 

10.92 

1-62 

K 9 

-117 

.1638 

2 .ei 

2.74 

12.65 

12.60 

2.44 

1-61 

14.5 

8.8 

0.264 

.164 

0.3568 ‘ 
.2217 

2.75 

12.60 

1.44 

7.5 

.144 

. 19 L 4 

2.73 

12.60 

1.52 

6.2 

.130 

.1790 

2.73 

12.60 

1.24 

5.5 

.120 

.1885 


vith reajeat to range. 
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TABLE II - WING WEIGHT FOR MINIMUM WING DRAG-LIFT 


RATIO. INITIAL GROSS WEIGHT, 150,000 POUNDS.' 


Altitude 

(ft) 

Mach 

number 

**0 

Angle of 
attack for 
minimum wing 
drag-lift ratio 

(radians) 

Minimum 

wing 

drag-lift 

ratio 

Wing weight 
to initial 
gross weight 
ratio 

w v 

35,332 

1.5 

0.0596 

0.1191 

0.1001 

35,332 

2.0 

.0613 

.1225 

.0903 

35,332 

2.5 

.0626 

.1252 

.0841 

35,332 

3.0 

' .0637 

.1276 

.0791 

35,332 

3.5 

.0645 

.1290 

.0750 

35,332 

4.0 

.0647 

.1294 

.0718 

50, 000 • 

1.5 

.0602 

.1204 

.1350 

50,000 

2.0 

.0621 

.1241 

.1199 

50,000 

2.5 

.0635 

.1270 

.1104 

50,000 

3.0 

.0647 

.1297 

.1028 

50,000 

3.5 

.0656 

.1311 

.0967 

50,000 

4.0 

.0659 

.1318 

.0920 

70,000 

1.5 

.0611 

.1221 

.2152 

70, 000 

2.0 

.0631 

.1262 

.1875 

.70, 000 

2.5 

.0648 

.1296 

.1701 

70, 000 

3.0 

.0660 

.1320 

.1560 

70, 000 

3.5 

.0668 

.1335 

.1454 

70,000 

4.0 

.0672 

.1347 

.1369 

100, 000 

2.5 

.0668 

.1335 

.3694 

100,000 

3.0 

.0682 ■ 

.1364 

.3325 

100, 000 

3.5 

.0691 

.1382 

.3040 

100, 000 

4.0 

.0695 

.1390 

.2823 






40 


NACA EM E51L21 


TABLE III - ENGINE CHARACTERI STIC S AT TEMPERATURE RATIO FOR MINIMUM SPECIFIC 


HEAT CONSUMPTION. COMBUSTION- CHAMBER CROSS-SECTION AREA, 10 SQUARE FEET. 


Altitude 

(ft) 

Mach 

number 

«0 

Total-tempera- 
ture ratio for 
minimum 
specific heat 
consumption 

Minimum 
specific heat 
consumption 
/ Btu/sec \ 
( lb thrust ) 
\ minus drag/ 

Engine 

specific weight 
/lb engine \ 
f lb thrust j 
\minus drag/ 

Engine 

thrust minus 
nacelle drag 
(lb) 

35,332 

1.5 

3.64 

15.50 

0.295 

3200 

35,332 

2.0 

2.80 

11.03 

.139 

7150 

35,332 

2.5 

2.41. 

9.88 

.076 

13,700 

35,332 

3.0 

2.05 

9.96 

.056 

20,200 

35,332 

3.5 

2.04 

10.81 

.042 

28,850 

35,332 

4.0 

2.20 

12.50 ■ 

.030 

41,200 

50,000 

1.5 

3.64 

15.80 

.605 

1570 

50,000 

2.0 

2.83 

11.20 

.280 

3600 

50,000 

2.5 

2.40 

9.97 

.157 

6650 

50,000 

3.0 

2.05 

10.07 

.116 

10,050 

50,000 

3.5 

2.02 

10.90 

.086 

13,800 

50,000 

4.0 

2.16 

12.59 

.064 

19,600 

70,000 

1.5 

3.84 

16.26 

1.500 

630 

70,000 

2.0 

2.94 

11.43 

.695 

1430 

70,000 

2.5 

2.48 

10.13 

.393 

2680 

70,000 

3.0 

2.18 

10.31 

.269 

4270 

70,000 

3.5 

2.08 

11.03 

.213 

5600 

70, 000 

4.0 

2.23 

12.87 

.159 

7810 

100,000 

2.5 

2.57 

10.40 

1.593 

670 

100, 000 

3.0 

2.16 

10.46 

1.174 

980 

100, 000 

3.5 

2.12 

11.30 

.883 

1350 

100, 000 

4.0 

2.30 

12.97 

.646 

1960 
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(a) Initial altitude, 35,332 feet. 


Figure 1. - Effect of fuel density on range at various Mach numbers . Initial 
gross weight, 150,000 pounds j pay- load and controls weight, 10,000 pounds . 


divided by effective heating value, r/b 
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(c) Initial altitude, 70,000 feet. 

Figure 1. - Continued. Effect of fuel density on range at various Mach 
numbers. Initial gross weight, 150,000 pounds; • pay- load and controls 
weight, 10 , 000 .pounds . 



Range divided by effective heating value, r/b 
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(d) Initial altitude, 100,000 feet. 


Figure 1. - Concluded. Effect of fuel density on range at various Mach 
numbers. Initial gros6 weight, 150,000 pounds* pay- load and controls 
weight, 10,000 pounds. 
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0 .5 1.0 

Diffuser-total pressure ratio 


(a) Diffuser total-pressure ratio 

Figure 2. - Effect of design varieties on range for three fuel densities. 
Initial altitude, 70,000 feet j Mach number, 3.5* pay-load and controls 
weight, 10,000 pounds. 



Range divided, by effective heating value, r/b 
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Combustion-chamber length-diameter ratio 


(b) Combust ion- chamber length-diameter ratio. 

design variables on range for three 
ie, 70,000 feet; Each number, 3.5; 
3,000 pounds. 


I 


Figure 2. - Continued. Effect of 
fuel densities. Initial altitu< 
pay-load and controls weight, K 







divided by effective heating value, r/B 
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(e) Wing angle of attack. 


Figure 2. - Continued. Effect of design variables on range for three fuel 
densities. Initial altitude, 70,000 feet; Mach number, 3.5; pay-load 
and controls weight, 10,000 pounds. 



Bangs divided by effective heating value, R/B 
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Relative 
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Figure 3. - Comparison of range potentialities of six rea-jet engine fuels. Initial 
gross weight, 150,000 pounds j par-load and controls weight, 10,000 pounds. 
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Figure 5. - Typical wing characteristics. Altitude, 70,000 feet; 
Mach number, 3.5; initial gross weight, 150,000 pounds. 
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Figure 6. - Typical engine characteristics. Altitude, 70,000 feet; Mach 
number, 3.5j combustion-chamber cross-section area, 10 square feet. 
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Figure 7. - Typical fuselage characteristics. Altitude, 70,000 feet* 
Mach number, 3.5* initial gross weight, 150,000 pounds* fuel weight 
to initial gross weight ratio, 0.65* fuel density, 50 pounds per 
cubic foot. 



